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1 .  INTRODUCTION 

This repor t  contains a description of a method for the pa rame t r i c  analysis of 

planetary roundtrip missions using high accelerat ion propulsion sys t ems .  

The method consis ts  of two par ts .  The principal difference between these is 

that in the f i r s t  par t  the flight mechanics is based on impulse,  maneuvers  and the 

weight es t imates  are based on the use of the m a s s  f rac t ion  x, defined a s  the s u m  

of propellant weight and wet iner t  weight divided by the propellant weight. 

The second pa r t  which is of h igher  accu racy  i s  based on finite propulsion 

periods and on the u s e  of scaling coefficients which in the f i r s t  pa r t  w e r e  impli-  

citly contained in the definition of the m a s s  f ract ion.  In addition to the tie between 

per formance  and weight analyses,  the correlat ions between conceptual o r  prel imi-  

nary  design and operations analysis and between operations analysis and p rogram 

analysis a r e  discussed.  

development problems,  the establishment of development schedules ,  cost  analyses 

P r o g r a m  analysis includes the determination of c r i t i ca l  

and value analyses .  

In the las t  sect ion of the report ,  a number of equations and graphs a r e  p re -  

sented which a r e  of pract ical  value in applying the descr ibed methods. The graphs 

re fer  to Venus and M a r s  as t a rge t  planets 

1 
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2. GENERAL APPROACH 

Fig.  2-1  shows schematical ly  the evolution of a miss ion  and sys t ems  synthe- 

sis by progressive development of information in a sys t ema t i c  pa t te rn  of in te r re la -  

tion of flight dynamics, design, operations analysis  and p rogram analysis .  These  

four principal study areas are  outlined in  F i g .  L-2. 

A s  seen  from this  point in  t ime (1963) the re  a r e  cer ta in  fundamental inputs 

and constraints  which must  be adopted, s ince one talks about a s ta te -of - the-ar t  

which, a8 a whole, does not yet exis t .  The re fo re ,  par t icu lar  consideration must  

be given to the following i t ems .  

2. 1 Mission Obiectives 

Mission objectives must  be defined carefully,  so  as not to impose unreal is t ic  

requirements  on technology, funding o r  manpower.  Even within these l imits  there  

remains  quite a variety of objectives which can be summar ized  in  the following 

main  groups 

4 1  

MO-1 Target  Planet:  Venus o r  Mars  

MO-2 Mission P ro f i l e :  Fly-By o r  Capture 

M O - 3  Planet Exploration: Orbital  o r  Orbital  & Landing 

MO-4 Level of Effort: Small  o r  La rge  Crew Size,  Number of Auxiliary 
Vehicles Information Absorption Density ( e .  g .  a v e r -  
age bits / second) 

MO-5 Mission Duration: Short Capture Pe r iods  (30-50 d) 
Long Capture P e r i o d  (300 -400  d) 

These  groups ,  either direct ly  o r  through a number of assoc ia ted  considerations 

( e .  g .  crew shielding) affect the payload requi rements .  

2 
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Like the miss ion  objectives, par t icular ly  sensi t ive constraints  imposed by 
"J 

the s ta te -of - the-ar t  i n  the a r e a  of Earth launch vehicles (ELV) arid propulsion 

sys tems must  be considered a t  the outset. 

2. 2 E a r t h  Launch Vehicles 

In the case of planetary flight during the seventies the ELV al ternat ives  are  

a 
"1 

as follows: 

(4) Limitation to Apollo-type Sa turn  V 

(BI Uprated Saturn V with Increased Payload 
F-1 uprated in  S-IC 
5 5-2 engines in  S-I1 

(a Uprated Saturn V with Configuration Changes 
L a r g e r  d i a m e t e r  of S-IC and S-I1 

(D) Cluster of Saturn V to one L a r g e r  ELV 

(E)  Post - Saturn 

Alternative (A )  offers  a payload weight into near -Ear th  orb i t  of 230, 000 to 

3 250, 000 l b  (104. 5 to  113. 5 t ) ,  a maximum payload volume of 129, 000 f t  and a 

maximum payload d iameter  of approximately 3 3  f t .  

density is, the re fo re ,  approximately 2 lb / f t  f o r  250, 000 l b  and 1.  8 lb / f t3  for  

The lowest pe rmis s ib l e  payload 

3 

230, 000 lb.  

Alternative (B)  offers a payload weight of the o r d e r  of 280, 000 to  300 ,  000 l b  

while retaining the previous limitations on volume and d i ame te r ,  result ing in  mini- 

m u m  pe rmis s ib l e  payload densit ies for the f u l l  load of 2.  2 and 2.4, lb/ft', respectively.  

Alternative (C) does not n e c e s s a d y  offer a payload inc rease  over  ( A ) ,  since 

the effect of higher t h rus t  may largely be compeiisatcd for  by weight i nc reases  

,) assoc ia ted  with the configuration changes (although this is probably a conservative 

assumption) .  This a l ternat ive,  however, offers  a larger payload volume which 

3 
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) itself can  enhance grea t ly  the usefulness of the Saturn V as E L V  f o r  planetary mis- 

sions.  

reduced f r o m  216 f t  to 112 ft.  

available payload volume by a factor  of four ,  to  500, 000 f t  

height as the previous vers ions (370 f t ) .  F o r  a full load of 250, 000 lb, the range 

3 of pe rmis s ib l e  payload densit ies is lowered to 0. 5 lb / f t  . 

permiss ib l e  density range is important because of the l a r g e  volumetr ic  requi re -  

ment$ for planetary vehicles using liquid hydrogen with nuclear  engines and having 

often odd shapes .  

length of payload section, reduces the amount of matings and other  orbi ta l  opera-  

tions involving attachment and detachment of sect ions.  Thereby,  in  turn ,  the prob-  

ability of success  in  readying this par t icu lar  space  vehicle f o r  orbi ta l  depar ture  is 

increased .  Moreover ,  the procurement  level of s p a r e  p a r t s ,  s p a r e  modules and 

s p a r e  ELVIS ,  which va r i e s  inversely with the probability of successful  orbi ta l  prep-  

a ra t ions ,  is reduced a t  corresponding reduction in  overa l l  operational cost .  

enabling the selection of l a rge r  tank d iameters  f o r  the orb i ta l  vehicle,  the potential 

f o r  c luster ing increasing numbers  of nuclear engines becomes possible .  

tance of this is discussed below in connection withthe propulsion s y s t e m  selection. 

Alternative (D) involves major  changes not only in Saturn V,  but a l so  i n  t e s t  

If the diameter is  increased  to 50  f t ,  the length of the first two s tages  1s 

This fact and the larger d iameter  i nc rease  the 

3 
a t  the same overal l  

This  opening of the 

L a r g e r  payload volume, in t e r m s  of l a r g e r  d iameter  - and g rea t e r  

In 

The impor-  

and launch facil i t ies.  

t u re s  and delay of operational availability. 

Saturn V's would r a i s e  the payload to some 500, 000 to 750,  000 lb, a t  l e s s  initial 

investment t l ~ a n  required for  a Post-Saturn vehicle, but higher d i r ec t  operating 

cost ,  if compared with a Post-Saturn vehicle which offers the possibil i ty of 

4 

Herein w i l l  probably lie the major  causes  of funding expendi- 

Nevertheless ,  a c lus te r  of t w o  o r  t h ree  

~~~ ~ ~~~ ~~~ 



* *) reusabili ty not too long a f t e r  it has  become operational.  

Alternative (E)  involves a completely new vehicle. In the s imples t  case,  it 

can be a super -sa turn ,  i. e .  use a Lox-RP-I  f i r s t  s tage with a l a rge r  number of 

F - 1  en@ nes and an 0. / H  second stage with a l a rge r  number of 5 - 2  engines o r  2 2  

with M-1 engines.  This vers ion would be very  s imi l a r  to a l ternat ive (D) (except 

that  i t  would contain l a r g e r  single tanks), inasmuch as i ts  s tages  would not be 

recoverable  and s imi l a r  expenditures for n e w  t e s t  and launch facil i t ies would be 

involved. 

covery,  thereby making this vehicle partially reusable .  

Taking a somewhat l a r g e r  step, the f i r s t  s tage can be designed for  r e -  

This  case  would c o r r e s -  

pond to a l ternat ive (D) ,  only on a la rger  s ca l e .  Finally,  a more advanced concept 

could be applied, designed to reduce future operating cos t .  Almost invariably,  this 

will r a i se  required development funds and t ime;  operational availability will be 

postponed correspondingly.  The more  advanced the Post-Saturn ELV design, the 

1 

m o r e  important i t  becomes to understand fully the extent and purpose of i ts  future 

deployment as well a s  to obtain reasonable confidence in  the repet i t iveness  of the 

deep space missions which i t  i s  to serve .  If a f e w  exploratory manned flights to 

Venus and M a r s  were  to  be the extent of planetary venctures  between 10 and 20 

y e a r s  f r o m  now, the mos t  modest versions of Post-Saturn or  a l ternat ive {E) alone 

would be justif iable,  s ince  they w i l l  not be used often enough and long enough to 

amor t i ze  higher initial investments,  even if their  d i r ec t  operating cost  were  fa i r ly  

high. 

concerned, the Post-Saturn vehicle offers no significant res t r ic t ions .  I ts  payload 

i s  to be a t  l ea s t  10 lb .  

to be compatible with the shapes of lunar cargo o r  planetary vehicle requi rements .  

5 

In any case ,  as f a r  as manned planetary mission and sys t ems  synthesis  is  

6 The volume of i ts  payload sect ion can be made l a rge  enough 
* )  
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It i s  assumed that Post-Saturn can t ranspor t  complete planetary vehicles ,  d ry  or  

par t ia l ly  fueled, into the init ial  Ea r th  orbi t ,  thereby removing the neeci for  mating 

la rge  modules,  but retaining the requirement  fo r  orb i ta l  fueling 

2. 3 Propuls ion Svstems 

In the c a s e  of propulsion sys tems the al ternat ives  a s sumed  to exis t  fo r  man-  

ned planetary missions,  the seventies a r e  

Chemical ( OZ/HZ)  

Solid Core  Nuclear .  

The likely charac te r i s t ic  data for  the la t te r  family a r e  classified and therefore  not 

mentioned here .  If nuclear  engines a r e  considered,  a g rea t e r  amount of vehicle- 

engine integration w o r k  i s  involved f rom the outset .  

In considering t h e  choice betweeii chemical and nuclear propulsion sys t em,  

not only I and associated orbi ta l  depar ture  weights a r e  involved. In  addition, the  
SP 

.operational life time of tlie nuclear engine is a most decisive paranie te r .  

per iod is sho r t ,  say 30 to 60 minutes ,  th rus t  accelerat ion ra tes  a r e  required which 

If this 

are  higher than those dictated by consideratiori of gravitational l o s ses  versus  gaiii 

in payload f r o m  l a rge r  and l a r g e r  propellant quantit ies.  T h e  higher the specif ic  

impulse,  the higher c;m be tlie gravitational velocity loss before fur ther  p;iylond 

growth is inhibited. This fact  by i tself  provides a possibility of using relcltively 

low-thrust  nuclear engines on la rge  vehicles fo r  orbi ta l  depa r tu re ,  e i thcr  s i n g l y  or 

i n  c lusters  of up to 4 engines.  If g r e a t e r  numbers  a r e  to be assunled,  special  mini-  

mum diameter  requirements  m a ~  have to be specified for  the E L V ;  o r  tank i engine 

clustering must  be adopted f o r  the plctnetary vehicle., this is d n  t:xdnipIc f o r  tlic 

interplay betwccn propulsion systerrl  selection ,ind vehicle-erigiiic integr'ition wit11 

6 
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the  vehicle configuration studies in F i g .  2-1. In cases  where,  due to operational 

life l imitations,  the requi red  thrust  acceleration r a t e s  exceed those which single, 

or cer ta in  c lus te rs  of available engines a r e  able  to provide,  chemical engines, 

which are  less likely to  display such l imitations,  may  p e r m i t  the attainment of 

l a r g e r  payloads a t  the s a m e  init ial  stage weight. Final ly ,  cost  is a sensi t ive p a r a m -  

e t e r  in  the selection of chemical  versus  nuclear propulsion sys t ems .  

nuclear engines for  1973 to 1977 missions is a s sumed  to  be charged to the manned 

planetary p rogram,  because this would be the pace s e t t e r  and their  principal 

"customer ' ' .  If planetary missions in the 1979 and beyond per iod are contemplated, 

this probably is no longer  t rue ,  because by then genera l  advancements i n  the state- 

of- the-ar t  of nuclear engines (s ince their development would not be discontinued if 

plans for  planetary miss ions  were  abandoned) as well  as presumably growing demand 

fo r  advanced cis lunar t ransportat ion systems would provide engines anyway. 

The use of 

1 

F o r  

the 1973/77 pexkd, therefore ,  i t  is ,  f rom the na r rower  viewpoint of the manned 

planetary p rogram alone, much less expensive to  use  chemical  engines, as far as 

development costs  are  concerned. All-chemically powered planetary vehicles,  how- 

eve r ,  have a much higher orbi ta l  departure  weight--everything e l se  being the same- - 

than their  nuclear o r  chemo-nuclear counterparts.  This ,  in tu rn ,  has  repercuss ions  

on the E L V ;  the more  s o ,  the relatively smaller the available E L V .  Operationally, 

this  ref lects  itself in  a l a r g e r  number of launchings requi red ,  m o r e  orbi ta l  fueling 

fl ights and to some extent m o r e  orbital  mat ings.  

of 2 to 3 ) ,  the chemical vehicle can be heavier than the nuclear vehicle (because of 

its higher density) without requiring more  orbi ta l  mat ings,  s ince  i t  would essent ia l ly  

f i t  into the s a m e  t ransportat ion volurne atop the E L V  

Up to a cer ta in  point (by a factor  

p ,  

as one out of two or  three  

7 



A 01163- 01 9 

modules of the nuclear planetary vehicle. In this  case, the chemical  vehicle would 

r equ i r e  more orbital fuelings, the nuclear m o r e  orbi ta l  nnatings. 

tal mating5 a re  (or should be) a s sumed  to  have a comparatively lower probability 

of success  than fueling (e. g. 9.95 as compared to 0 . 9 8 )  and--most  important ly--as  

long as fa i lure  of a mating p rocess  may resu l t  in  a loss  of both modules involved 

(as compared to the loss of the tanker only in  case  of fa i lure  to fue l ) ,  the result ing 

number of launches that may be required f o r  e i ther  vehicle is l e s s  different than 

the difference in orbi ta l  depar ture  weight implies .  

cost  for the nuclear vehicle a r e  not decisively lower,  i f  they a re  lower a t  all, than 

f o r  the chemical vehicle. 

techniques are  available which make the mating p rocess  comparable  to orbi ta l  fuel-  

ing, because in  this ca se  the l a r g e r  minimum number of flights fo r  the chemical 

vehicle makes itself fe l t  cost-wise (for 100% reliabil i ty fo r  del ivery and all orbi ta l  

operat ions,  the direct  operating costs  (except for  procurement )  would differ in 

d i r ec t  proportion to the orbi ta l  depar ture  weight); o r ,  if the chemical  vehicle is so  

much l a r g e r  that i t ,  too, requi res  significant amounts of orbi ta l  mating in  addition 

to fueling. 

2 . 4  Mission Modes 

A s  long as orbi-  

A s  a re su l t ,  the d i r ec t  operating 

This conclu6ion, however is no longer co r rec t  if improved 

The mission mode defines the manner  in  which the miss ion  is conducted a s  

The three  basic miss ion  modes are  fa r  as the planetary vehicles a re  concerned. 

Corlvoy 

Single Vehicle 

Multiplex Vehicle. 

8 
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In the convoy mode the various loads a r e  distributed over  a number of s epa r -  
<) 

ate vehicles.  In the single vehicle mode, all  loads a r e  c a r r i e d  by one vehicle, 

designed as a n  integral  unit. In the multiplex vehicle mode the individual convoy 

vehicles a r e  clm t e red  to  f o r m  one vehicle which can be taken apa r t ,  if portions 

are damaged and must  be abandoned, without impeding the capability of the rernain- 

ing s y s t e m  to  function as crew vehicle. 

as t r iplex.  

s m a l l e r  vehicles are combined. 

point of crew module integration and associated crew protection against  radiation from 

The vehicle can be conceived as duplex o r  

In the duplex, two larger vehicles are  coupled; in  the t r ip lex  three 

The t r iplex is less advantageous f r o m  the stand- 

Etaclear reactors; but it shows superior  flexibility over  the duplex a t  cer ta in  miss ion  

snergylevals when anly small engines (Nerva)  are  available.  In other  cases  the 

duplex is super ior  weightwise. 

The single vehicle mode is unsatisfactory f r o m  the viewpoint of reliabil i ty 
f 

and crew safety,  s ince this approach denies the crew m e m b e r s  the opportunity to 

save  themselves  in a secondary vehicle i n  case  the original c rew vehicle is  incapa- 

citated.  The convoy and the multiplex vehicle modes each have a number of cha r -  

ac t e r i s t i c s  in  their  f avor .  These are l isted in Tabs .  2 - 3  and 2-4. It is not the 

subject  of this par t icu lar  repor t  to analyze the relat ive weight of the pros  and cons 

of each  approach; but r a the r  to character ize  the choice between these two pr incipal  

a l ternat ives  a s  one of the initial inputs in  the scheme of Fig.  2 -  1.  

If the convoy mode is adopted, another group of a l ternat ives  m a y  require  

specification, in o rde r  to avoid ambiguity. 

Fig.  2-3 s h o w s  six different modes distinguished by the i r  ~riethod of asse inb-  
I 

ling the individual convoy vehicle a n d / o r  convoy. In the D F M  the fully ftieled, 

operational vehic le  i s  launched into the parking orb i t .  After i t  i s  joined by its 

9 
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Tab. 2 - 3  Convoy Versus  Multiplex Vehicle 

Arguments  in  favor of convoy: 

1. Low overall vulnerability; destruct ive events which incapacitate one ship 
not likely to  affect the companion ship.  

2 .  ' Because of l . ,  convoy o f fe r s  high insurance that back-up ship w i l l  be 
available to c rew in emergency.  

I 
I 3 .  In case of l o s s  of one vehicle, problems of vehicle separat ion a re  avoided. 

4. Flexibility i n  orbital  depar ture  weight distribution. 

5. N o  inherent limitations as far  as total  o rb i ta l  depar ture  weight is con- 
ce r ned. 

6 .  Freedom in  selecting different types of main  propulsion sys t ems ,  i f  
advantageous for  any reason.  

, 7, Orbital depar ture  weight is not penalized by need f o r  connecting s t r u c t u r e  
1 between vehicles .  

- &  

8. If vehicle sp in  is required for  a r t i f ic ia l  g ,  weight penalty associated with 
spinning the l a r g e r  mass of a multiplex vehicle is avoided. 

9 .  Simplification of orbital  operations by avoiding necessity to couple two 
la rge  sys tems.  
m o r e  difficult than coupling in s e r i e s .  

Coupling would have to  be in  pa ra l l e l  which 1s inherently 

10. Higher probability of successful  depar ture ,  s ince it is e a s i e r  to  provide 
a single backHup convoy ship than a back-up duplex. 

11. Because of 9 . ,  h ighe r  s u c c e s s  probability of depar ture  on t ime  a t  lower 
cos t ,  since procurement  need not consider potential f a i lu re  and damages 
in the final coupling p rocess  of a duplex vehicle.  

10 
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Tab. 2-4  Multiplex Vehicle Versus  Convoy 

Arguments  i n  favor of multiplex vehicle: 

1.  

2 .  

3. 

4. 

5. 

6 .  

7 .  

8. 

9 .  

10. 

Simplified engine s t a r t  control and flight control during powered maneuvers .  

Crew module t ransfer  f r o m  one ship to another in  case of emergency is 
avoided. 

Good accessibi l i ty  of auxiliary vehicles;  this faci l i ta tes  the i r  checkout 
and launch preparat ions.  

Because of 3 . ,  need for taxi capsules may be eliminated. 

Lighter weight of meteoroid and heat shield for tanks,  s ince multiplex 
tanks par t ia l ly  shield each other $t is a s sumed  that damaged tanks are  
not jettisoned; in case of engine fai lure ,  only the engine and a small tank 
sect ion are  jettisoned) 

Because of 5, eas i e r  access  to tanks and e a s i e r  propellant t r ans fe r  if 
needed. 

Transfer  of individual tanks and associated demating and mating p rocesses  
a r e  avoided (Note: this can be avoided a l so  for convoy vehicles by c a r r y -  
ing empty spare tanks on board a t  modera te  weight penalty). 

Problems of intra-convoy vehicle maneuvering (path alignment with lead 
vehicle) a re  avoided. 

Because of 8 . ,  superior  safety that c r e w  will not accidentally be i r r ad ia t ed  
by nuclear r eac to r s  of the companion ship.  

Because of 8 . ,  lower propulsion weight requi red  for  attitude and path 
control during t ransfer  and capture .  

11 



AOK63-019 

companion vehicles the convoy departs .  

E a r t h  orbit .  

or by mating a number (two or  three)  of fueled modules;  o r ,  by t ransport ing the 

en t i re  vehicle unfueled into orb i t  where it is fueled by sepa ra t e  tanks; o r  i t  can be 

In OVAM, the vehicles a r e  assembled  in 

This can  be done either by deliverying vehicle and payload separately;  

done in a combination of the two la t te r  a l te rna t ives ,  i. e .  e i ther  by mating two d ry  

modules in orbit  and then fuel o r  by sending the assembled  vehicle into orbi t  par t ia l ly  

fueled and complete the fueling process  in orbi t .  The l a t t e r  two cases  depend on 

whether the launch vehicle has enough payload weight capability and volume in i ts  

payload section to c a r r y  the fully assembled  d ry  convoy vehicle into orb i t  o r ;  whe- 

ther  the launch vehicle has  adequate volume and enough payload capability fo r  the 

convoy vehicle to be delivered in  partially fueled condition. 

In IVAM and COVAM the departing vehicles a r e  l ighter but they a r e  not self- 

Therefore ,  two vehicles a r e  requi red  fo r  each self-sufficient one as i t  sufficient. 

would r e s u l t  f rom OVAM. 

during interorbital  t ransfer  o r  in the target  planet capture orb i t  to make the r e tu rn  

flight possible.  

OVAM vehicle; but the i r  weight is  considerably lower.  Final ly ,  in the modified 

IVAM, three  vehicles are needed in  orbi t  f o r  every  OVAM vehicle,  of w h c h  the 

second and third (counting f r o m  le f t  to right in F i g .  2-3 ) have the s a m e  orbital  depar -  

t u re  weights as the COVAM vehicles,  while the third i s  of lower weight. 

is distinguished f rom IVAM in that only the crew ship payload (p r imar i ly  the crew 

modules,  Ea r th  entry module and life support  sys t em)  needs to be t r a n s f e r r e d ,  

ra ther  than two la rger  m a s s e s  to be mated a s  in IVAM 

fer Of the crew ship apyload i s  a mandatory tcchnological and operational s ta te-of-  

1 2  

Modules have to be mated  o r  fuel t r ans fe r r ed  ei ther  

In the combined IVAM/ COVAM, four vehicles a r e  needed for  every  

This mode 

It  i s  postulated that t r a n s -  
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t a ry  convoy, to be able to  us  

vehicle,  in  case  the or iginal  crew vehicle i s  incapacitated.  

another ship as c r e w  

The other alternative,  

namely,  carrying another shielded crew module s y s t e m  and life support  sys tem 

along on the back-up vehicle and distributing the c r e w  over  both vehicles imposes 

a considerable weight penalty, inasmuch as the crew modules a r e  heavy and the 

scientific payload ( in  t e r m s  of var ibus auxiliary vehicles f o r  exploration of the t a r -  

ge t  planet and i ts  environment) is reduced correspondingly.  

therefore ,  i t  is assumed that t ransfer  of the c rew vehicle payload, as in  the modi- 

f ied IVAM o r  in  COVAM involves only an operation which mus t  be perfected anyhow 

for  other  reasons;  whereas  module mating in the depth of interplanetary space,  just 

by the crew alone, implies  a comparatively m o r e  r i sky  operation; which is  one of 

On this p r e m i s e ,  

' the draw-backs of IVAM, COVAM and IVAM/COVAM. In the concept of the modified 

IVAM this draw-back is avoided, albeit a t  the penalty of a th i rd  vehicle; the la t ter  is 

comparatively small, however, and in most  ca ses  does not requi re  orbi ta l  mating 

or  fueling, but more  likely is a case  of D F M .  

A s  a n  indication of the vehicle weight var ia t ions,  the effect of the various 

miss ion  modes is i l lustrated in F ig .  2-9 fo r  a specific miss ion  profile.  The exam- 

ple contains cer ta in  simplifications,  such as constancy of the crew vehicle payload 

and of cer ta in  mass fract ion values,  in sp i te  of considerable variations in vehicle 

weight. 

euver  ( M - 4 )  w a s  included (unless i t  is assumed to be contained in the l o 5  lb);  and 

yet the chemical  vehicle weights a r e  so high w ~ t h  any mode that orbital  assembly  

and /o r  fueling appears  necessary ,  even if  a Post-Saturn Vehicle were  available.  

in  thc case  of even a curnparatively rrivdest nuclear capability, on the other hand, 

This  mission is not particularly energetrc ,  because no Ea r th  capture nian- 

I \  

i 
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.e j 
substitution of OVAM by ei ther  mode permi ts  use of the D F M  f o r  each  individual 

vehicle. Even with Saturn V many of the vehicles can be del ivered ei ther  via D F M  

or in one piece,  though only partly,  o r  not a t  all, fueled. 

In addition to E L V  limitations,  OVAM may  lead to orbi ta l  depar ture  weights 

which exceed during one maneuver the pe rmis s ib l e  operational life of the available 

nuclear engines, even if a r ranged  in  an open c lus t e r .  In this ca se ,  the sma l l e r  

depar ture  weights obtained with the other missjDn modes could be m o r e  compatible 

with available nuclear propulsion capability. F u r t h e r m o r e ,  OVAM involves the 

mating of v e r y  large and mass ive  modules i f  a Nova type launch vehicle is used. 

The other modes involve matirig of considerably s m a l l e r  modules ,  but mating must  

occur  en route  with a s m a l l e r  crew and fewer r e sources  than in  the vicinity of 

Ea r th ;  and with more  s e v e r e  consequences in  the event of a fa i lure .  

than OVAM a r e ,  therefore ,  of par t icular  i n t e re s t  in  cases  where  nuclear  engine 

thrus t  magnitude is a limiting fac tor ,  and where  mating procedures  a re  sufficiently 

well developed to a s s u m e  safe handling by the crew e n  route.  

exception is the modified IVAM for  reasons s ta ted  above. 

Modes other 

The only (favorable) 

Again, i t  is not the objective of this r epor t  to evaluate the relat ive m e r i t s  of 

each of these modes. F o r  the methodology, however, the example shows that the 

corisiderable variations in orbi ta l  depar ture  weight make i t  n e c e s s  r y  to specify 

the mission mode as one of the significant init ial  inputs in F i g .  2 - 1 .  

2 .  5 Mission Requirements 

The mission requirements  a r e  specified by the select ion of ta rge t  planet, 

' j depar ture  date ,  outbound t ransfer  t ime,  capture  per iod and capture  orb i t ,  if any, 
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depar ture  and target  planet a t  the beginning and terminat ion of the heliocentric 

t r a n s f e r ,  the t r ans fe r  orb i t  elements and the hyperbolic excess  velocity, i .  e .  the 

velocity of the vehicle relative to the planet, a r e  determined.  

velocity, v - ,  is the general ized interface between trcrnsfer orbi t  mechanics and 

per formance  analysis.  All  other data, der ived f r o m  i t ,  such as the charac te r i s t ics  

of planetocentric hyperbola and planetocentric veloci ty  changes a r e ,  in addition, 

dependent on specific conditions, namely the per iaps is  of the planetocentric hyper- 

bola and the eccentr ic i ty  of the initial o r  t e rmina l  planetocentric orbi t .  The hyper- 

bolic excess  velocity is therefore  used h e r e  as the common reference  for  a l l  fur ther  

computations. 

depar ture  and ta rge t  planet a r r i v a l  for miss ions  to the planets Mercury  through 

Saturn fo r  Ea r th  depar ture  windows between 1972 and 1999.  

tudes for  the planets re la t ive to each other and a l so  show the approximate "band- 

width" connected with each  planet between "good" and llpoorl' miss ion  y e a r s .  

t ransfer  in one direction is shown. 

comparable  o r  slightly higher level .  

-1 
This hyperbolic 

Fig-2-5- surveys the s u m  of hyperbolic excess  velocities a t  Ea r th  

They show the magn i -  
3 

Only 

Return fl ights,  if selected proper ly  a r e  on a 

The planetary capture  round- trip miss ion  consis ts  of two, comparatively inde- 

F i g s .  2-6 pendent t ransfer  orbi ts  which are connected by a specified capture period. 

2- 11 ohow plote of hyperbolic exceoo velocitirr6 connected with outbound and return 

t r ane fe r  ort+itr to a& from Mar8 in 1373/74, 1975/76, 1977/78 and 1981/83. These 

plots a r e  separa ted  by a center graph which cor re la tes  t h e  Edr th  depar turc  date 

wlth the M a r s  a r r i v a l  date ,  capture period, Mars  depar ture  date and Ea r th  a r r i v a l  

date .  A n y  mission window to and f r o m  a n y  tdrget  planet can be presented in the 
I \  

1 
i 

same manner, together with other possibly sigiiificant pn rame te r s ,  s u c h  a s  pe r i -  

15 
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helion distance of the t ransfer  orbi ts .  

hyperbolic excess velocities then provide a n  important prel iminary indication of the 

overal l  mission perfor niance requirement involved. 

For a se lec ted  miss ion  prof i le ,  the associated 

1 

* )  

16 
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4RY MISSION A N D  SYSTEMS S Y N T  IESIS 

The approach to  the pre l iminary  mission and sys t ems  synthesis  outlined in  

F i g .  2-1 consis ts  of th ree  main  phases .  

P h a s e  I consists of performance est imates ,  vehicle-engine integration and 

vehicle configuration s tudies ,  based on the initial inputs d i scussed  in the preceding 

section, regarding payload and mission requirements ,  E L V  and propulsion sys t em 

specifications and select ion of the mission mode. 

P h a s e  11, based on the resu l t s  of the f i r s t  phase,  includes a pre l iminary  weight 

analysis  whose main purpose it is to establish scaling coefficients f o r  the engines, 

propellant quantities and a f i r s t  es t imate  of constant weights involved in  every  s tage 

of the vehicle configurations. 

mance analysis and they a r e  useful in  varying the s i ze  of configurations with varying 

miss ion  requirements  as p a r t  of the evaluation of different configurations relative to 

each  o thers  m e r i t s .  

aspec ts  of ELV-vehicle integration, operational aspec ts ,  success  analyses ,  develop- 

ment  problems and cost  into the configuration comparison to  the extent this is mean-  

ingful and needed at that  par t icular  phase. 

analysis whose purpose is twofold: 

These  numbers a re  needed in  a pre l iminary  per for -  

) 

A pre l iminary  operations analysis and p rogram analysis t ie  

Of special  significance can be the value 

(a3 comparison of the worthwhileness of concepts or  of specific improve-  

ments  (e .  g .  topping vs. bleed cycle in nuclear engines) as to their  immediate  opera-  

tional objectives ("shor t - te rm")  in  te rms  of technological {failure ana lys i s ,  success  

probabili ty,  operational charac te r i s  tics) economical,  schedule o r  miss ion  objective 

'j re la ted  c r i t e r i a ,  
i 
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comparison as to their  m o r e  long-range usefulness under conditions 

of rapidly changing technological Conditions and miss ion  objectives in  terms of appro-  

pr ia te  c r i t e r i a  (such as growth potential, r a t e  of obsolescence,  miss ion  versat i l i ty ,  

long-range d i rec t  operational cost ,  e tc .  3 .  

The value analysis has the purpose of providing a rational check (reject ion o r  justi-  

f ication) on technological o r  operational concepts which appear  highly at t ract ive for 

one o r  a few specific reasons ,  but may be less at t ract ive f r o m  a broader  aspec t .  

The second phase should lead to a selection of specif ic  vehicle configurations, mis- 

s ion  modes, mission per iods and other basic  decision i tems  

Phase  IXI basically a m o r e  refined i terat ion of the second phase and typically 

w i l l  lead to refined mis s ion  profile specifications,  per formance  analysis ,  flight 

navigation analysis,  venicle-engine integration, operations analysis , program analy- 

sis and to a prel iminary design of the selected configuration. These ,  in  tu rn ,  f o r m  

the basis fo r  a prel iminary mission and sys t ems  synthesis  which, to a sufficient 

degree  of detai l ,  cor re la tes  those seven pr incipal  a r e a s  and displays the proper  

e r r o r  and perturbation analyses  from the selected s tandard conditions. 

\ 
,/ 
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4. METHODOLOGY 

In this section the methods of approach to the previously discussed Phases  I 

through 111 a re  discussed qualitatively. 

4 . 1  P h a s e  I 

A flow char t  of the f i r s t  of  three approaches to be discussed is shown in  F i g .  

Selection of a mission window and of a mission profile specif ies  the following init ial  

inputs : 

Mission window: E a r t h  departure  window dates  D (involving a per iod of 20, 

specify a s e r i e s  of values of 

1 

30 or 40 days) and outgoing t ransfer  time o r  t imes  T 

the hyperbolic excess velocity v * 
1 

(Earth depar ture)  and v * ( ta rge t  planet a r r iva l ) .  
@?l - 2  

Targe t  planet depar ture  window dates D and r e t u r n  t r ans fe r  t imes  T 2  specify 3 
* a series of values of v * ( target  planet departure)  and v ( E a r t h  a r r iva l ) .  .k, 0 0 3  004 

Mission profile: The  heliocentric m i s s  ion profiles (perihelion distance; incli-  

nation of t ransfer  orb i t  relative to ecliptic and orb i t  plane of t a rge t  planet; path angle 

at depar ture  and destination; t ransfer  angle and other data) are specified by the mis- 

s ion  windows above. 

The planetocentric mission profiles involve specification of the depar ture  or 

a r r i v a l  hyperbola, of the initial Ea r th  satell i te orbit ,  of the capture  orb i t  and of the 

te rmina l  orb i t  a t  Ea r th  re turn .  

The shape of the hyperbolas is fixed by the associated hyperbolic excess  velocity 

4 (a l ready determined) and by specifying a per iaps is  distance rp = r l ,  r 

f r o m  the planet.  This is the information needed to compute the velocity v v v 

o r  v a t  the per iaps is ,  (numerical  eccentricity and flight t ime f r o m  periapsis  to the 

l imit  of the planet's activity sphere  (termination of the nominal planetocentric flight 

19 
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path) o r  vice versa .  

The shape of the capture orbit  is fixed by specifying i ts  ellipticity ( i f  any). 

This  can be done in var ious ways. 

r a t io  of apoapsis  to per iaps is  distance,  n = r / r  where  r generally wi l l  a g r e e  

with the associated value of r 

with the per iapsis  and apoapsis velocity v 

impulsive velocity change A v  = v -v 

The mos t  prac t ica l  and lucid one is to specify the 

A p’ P 

If the capture orb i t  is c i r c u l a r ,  n = i .  The re -  

can be determined and the actual 

I ’  . . r4 .  

and v 
P A 

v2 = v - v  etc .  found fo r  the case  
2 P 2 ’  1 1 P I ’  

Qf a planar maneuver.  If a plane change is to  anticipated, this will be combined with 

the main maneuver and the.specification of the value of the plane change must  be 

added. 

If the capture o rb i t  i s  e l l ipt ic ,  the depar ture  maneuver (M-3) should occur  at 

the pe r i aps i s ,  just a s  the capture maneuver (M-2) ,  in o rde r  to take advantage of the 

reduced performance requirement  offered by the el l ipt ic  capture orb i t  over  a c i r cu -  

lar orb i t .  I t  is practically cer ta in  that in  no case  will the p e r i - a p s i s ,  established by 

the capture maneuver,  be a t  the c o r r e c t  position f o r  depar ture .  

axis must  be rotated. This is best  done by adding two sma l l  maneuvers .  

is an impulsive velocity change a t  apogee f r o m  el l ipt ic  to  c i r cu la r  orb i t ,  a v  . The 

second maneuver is  the r eve r sa l  of the first one and is executed a f t e r  the vehicle has  

Thus the major  

The f i r s t  

A 

flown through a n  appropriate a r c  in the c i r cu la r  orb i t .  The vehicle re turns  to  the 

cor rec ted  per iapsis  position and there  executes the depar ture  maneuver  proper  ( b v  1. 3 

In this ca se ,  then, the overal l  depar ture  maneuver  M - 3  consis ts  of the velocity changes 

With the impulsive velocity changes known and multiplied with a contingency 

f ac to r  (for example 1 .  0 3 ) ,  the specific impulse of the engines to  be used in M-1 

b! 0 



A OK6 3 - 0 1 9 ’-’ through M - 4  must  be defined, I s p l ,  2, 3,4, so  that the mass rat ios  ,h through/U4 

for the four  main  maneuvers  can be computed and plotted against  DI and D3 (Fig .  9-1 ). 

From the mass ra t ios ,  the propellant load f r a c t i o n A  (propellant weight W expended 

during given maneuver divided by ignition weight W 

plotted likewise against  Dl and D3 (F ig .+- /  ) .  

P 

) can be found immediately and 
A 

The remaining t a sk  i s  to determine the wet iner t  weight f ract ion b = W / W  b A  

is known, s ince,  by definition, x l W A  s o  that the g r o s s  payload weight fraction A = W 

; \ + b - t A  = l .  

At this point a difficulty is encountered. The wet iner t  weight fraction b is 

,.& , but a l so  of the mass fract ion x = W / ( W b  t W ), by the a function not only of 

relation b = - 
P P 

1 - X  / - 1  - w b  A - 1  - -  
/ A  

P 
x /1c w 

The mass fraction, being a design constant depends on the absolute s i z e ,  propellant 
,) 

weight (and design philosophy) of the vehicle o r  s tage,  none of which is known a t  this  

s tage .  In fac t ,  x mus t  be specified t o  eventually de te rmine  W A .  Even if a given 

design philosophy is a s sumed  and a curve (o r  analytical  relation) fo r  the es t imated 

var ia t ion of x with W developed, the value of x which must  be picked a t  this point 

may  turn out to be in e r r o r .  

P 

In this case the p rocess  m u s t  be repeated until, by 

i terat ion,  sat isfactory agreement  i s  reached between the selected value of x and 

the one der ived la te r  f r o m  W 
A ’  

One way of proceeding is by adopting this i terat ion.  A likely value of x is se l ec -  

ted and b and h determined and plotted against  D1 and D2 (F ig .  4-1 ).  In o rde r  to 

a r r i v e  at the absolute weights , the prel iminary payload weights and prel iminary weight 

var ia t ions between principal maneuvers mus t  be specified.  
i 

After this has  been done, 

the weights can be computed, beginning with the te rmina l  point of the mission.  Thus ,  
f!‘ 
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1 wlth the payload W following M - 4  given, the M-4 ignition weight W follows 3 4  A 4  

and the other data f r o m  wb4 = W A 4  b4 and W = WA4 h 4 .  P 4  
f r o m  wA4 = A 4  wA 

It  is a s sumed  that jus t  p r i o r  to  M - 4  ignition, the meteoroid and thermal  shield of 

the M - 4  tanks and other  weights have been jett isoned to  minimize the dead weight 

8ubjected to  a velocity change. 

yield the weight W 

losses  Vi 

ning of the return coas t ,  W c 3  = Wc4 t Wj34. 

A 3  = 3 w3\ 3 weight W 

and Wb3 = b3 W A 3 ,  W p 3  = A, W A 3 .  In this fashion, the E a r t h  orb i ta l  depar ture  

weight WA 

t he r  with additional plots of other weights as des i r ed .  f o r  h ? w e  k - t l h t u r  r, 

This jett ison weight, Wj4, mus t  now bc added to 

at termination of r e t u r n  coast .  Additional postulated weight c4 
during r e tu rn  coast  must  then be added to  es tabl ish the weight at begin- 

j 34 

This weight is the g r o s s  payload 

of M-3, whence the ignition weight of M - 3  becomes W 
> 3  

will eventually be obtained and can be plotted against  Di (F ig .  4-2 ) toge- 

) P C  l'lf, 9 - 3 ,  1 
A t  each W it becomes necessa ry  to check the se lec ted  value of x a n d  i t e r a t e  

if required,  rendering this method laborious and cumbersome,  i f  done by hand, 

whereas  on the computer it would be acceptable.  

phase of the EMPIRE study. 

A 

This  has been done during the first  

I t  seems to be impossible to  avoid the amount of labor involved, unless one 

wants to be more  o r  l e s s  a r b i t r a r y  and not i t e r a t e  a t  all. 

to put this work to bet ter  use by pa rame t r i c  variation of x, instead of i terat ion.  

appraa ch is shown in the flow cha r t ,  F i g . 4 - 7 .  

( r a t h e r  than calendar da t e s )  a r e  taken as independent va r i ab le s ,  the range of each 

S O  selected as to bc representat ive for  the Inissioii windowls) under  consitleratlorl. 

Then A",/" a n d h  a r e  determined as function of thc i r  respect ive v , and L 1s 

determined likewlse, but with x as pa rame te r ,  where ;i representnt ive rdnge of  mass 

I t  is possible,  however,  

This 

Now the hyperbolic excess  velocities 

00 
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fract ions is used f o r  each  maneuver.  Finally, the payload weight f ract ion is deter-  .: ] 
mined and plotted as function of voo and x. 

of x with W a r e  constructed f o r  each maneuver.  Subsequently, mission windows 

are introduced, replacing v by D and D as independent var iab les  fo r  A v .  At  

this point one introduced again the absolute weight inputs W 

determining the absolute vehicle weights as function of D3 and T2. 

* Now one goes back to the 2 (v * x4) char t  f r o m  which T2 belongs a value v 

a &(v The iteration process  niust now be 

r e sumed  (indicated by 

Curves showing the est imated variation 

P 

00 1 3 

e tc .  , and s t a r t s  J, 4'  wj4' 

To a given D3, 

4 m4' 00 4'  
8 

4) value is selected fo r  a plausible x4. 

), but it is fas te r  and l e s s  laborious with the aid of the 

3 4 (v  4'  4 4 P4 A4 
f 

x ) and x ( W  ) cha r t s .  F r o m  the selected W one obtains immediately 

W checks the selected x against  the va lue  of x in the char t  x ( W  3 ,  uses  the 

discrepancy f o r  improving the est imate  of x 

* 

P4' 4 4 4 P4 

r eads  the corresponding new value of 4 '  

x ) char t  and repeats  the process .  Since the i teration cycle 
4' 4 

A f r o m  the A 4  (v 
J 

is now shor t e r  { F i g . q - r )  and the correction requirement  f o r  the re-estimate of x4 

m o r e  readily a s ses sed ,  the i te ra t ion  converges quickly. 

ini t ia l  and final value of x 

T h e r e  i s  no need for  the 

in a given i teration cycle to a g r e e  m o r e  closely than the 
4 

accuracy  with which x4(W 

ignition weights a r e  found fa i l ry  rapidly and the orb i ta l  depar ture  weight determined 

1 '  
as function of the Ea r th  depar ture  date D 

' i s  known at  that s t age .  In this manner  the four principal 
P4' 

Instead of s ta r t ing  out with "2 as independent var iable ,  it would have been 

possible  to  apply the second approach (namely p a r a m e t r i c  variation of x) to the case  

where  the mission window dates a r e  the independent var iables  ( F i g .  4-6 ) .  This 

approach has a slight edge over the second one in  t e r m s  of simplicity;  but  the differ-  

ence is s n ~ a l l  and i t  is bought a t  the expense  of generali ty.  

, \  

In thc second case ,  i f  
,b 
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the ranges of vw a r e  selected reasonably broadly, the result ing plots of 4(vd ) 

through >(vw , x) can  be used in  connection with a var ie ty  of miss ion  windows. 

Therefore ,  preference is given to the second approach ( F i g .  +-Cy ), especially since 

+ *e -=) /1 

i n  Phase  I of the miss ion  and sys tems synthesis ,  miss ion  windows usually are not 

yet f i rmly  established. 

4.  2 Phases  I1 and I11 

Since these two phases  differ only as to the degree  of detail  r a the r  than in con- 

cept, they can be t r ea t ed  jointly as to their  method of approach.  

The two main f ac to r s  contributing to the higher accuracy  of e i ther  one of these  

phases are  the breakdown of the mass fract ion term x into a number of scaling 

coefficients and the replacement  of impulsive velocity changes by finite per iods of 

powered flight, whereby gravitational losses  are  automatically accounted fo r  and 

refinements can be introduced, where appropriate ,  such as a distinction between 
\ 

tangential, azimuthal or  var iable  thrus t  vector orientation. 

thrust-to-weight ratios can be investigated; and the foundation is laid fo r  the flight 

navigation analysis in  Phase  111. 

A wide range of initial 

As the resu l t  of repeated weight analyses  and cr i t i ca l  evaluation of s t r u c t u r e s ,  

engines and engine integration, tank ar rangements ,  payload integration, e tc .  , the 

mass f rac t ion  x = W / ( W  t W ) can be replaced by an  equation of the following type, 
P b P  

--- wb - I - x  = kf - F t k p t -  wc 
W 

wP P 
wP X 

where kf is the thrust  dependent scaling coefficient, 

= the th rus t  dependent weight f rac t ion  of the wet i ne r t  weight, F 
\ kf w 

1 P 
k i s  the propellant-dependent scaling coefficient which, in  tu rn  is broken down P 

24 



'.) into the following coefficients 

k = k  t k  t k  t k  p p, s p , m  p, h r e s id  

where  

k = propellant dependent s t ructural  coefficient 

k = coefficient of meteoroid shield s t ruc tu re  

k 

PI 

P, m 

PI h 
= coefficient of heat protection s y s t e m s  f o r  the p r o p  l lant conservation 

(insulation, re-liquefaction, shadow shields ,  e tc .  , where var ie ty  ef 
heat protection sys t ems  is involved, k 

= 

mus t  be broken down fur ther ]  
P, h 

res idual  propellant weight coefficient; a l so  coefficient of propellant 
contingency . kres id  

The powered fl ight path calculations w e r e  programmed on the IBM 7090 computer  

fo r  tangential thrust  for  departure  and approach to the ta rge t  planet. The p r o g r a m  

w a s  a r r anged  in such a manner  that the printouts provide a d i r ec t  correlat ion between 

t ime of flight velocity, altitude, flight path angle, th rus  t-to-weight ra t io ,  t rue  

anomaly of the osculating orbit ,  center angle swept by the radius  vector and hyper- 

bolic excess  velocity. In the approach case ,  the te rmina l  th rus t  accelerat ion ( F / W l ) ,  

in local g 's  was specified; in  the departure case  the initial th rus t  accelerat ion ( F /  W 1 

was fixed. 

ted f o r  nuclear  and chemical engines. 

-1 

0 

Both w e r e  var ied parametr ical ly  and a range of specif ic  impulses se l ec -  

The method of approach adopted for the per formance  and pa rame t r i c  weight 

determination in P h a s e s  I1 and 111 is outlined in  F igs .  4-7 a n 4  9-8. 

vehicle configuration, engines, vehicle- engine integration, c rew modules,  Ea r th  

en t ry  modules and associated integration requirements  resu l t  in a functional cor -  

The studies of 

relation kf(F)  of the thrus t  dependent scaling coefficient with the number of engines, 

NE, i n  the cluster  as parameter ;  and in a correlat ion k ( W  ) for  a number of pr in-  P P  
,) 
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cipal configurations, A , .  . . D. In this fo rm,  k and k a r e  injected as known quan- 

t i t ies into the performance analysis cycle. 

f P 

Computer data furn ish  the data for  plotting mass ra t io ,  powered flight t ime 

and cut-off altitude as function of hyperbolic excess  velocity fo r  given values of 

F / W o  (or  F / W 1 ) ,  ISp and E , the relative orb i ta l  energy of the init ial  or  capture  

satel l i te  o rb i t ,  determining the before mentioned distance rat io  n = r A I r P  (graph 

( I ) ,  F i g . 4 3 d .  

in  Fig.4-Pq , plotting the ideal velocity increment  A Vid' the init ial  o r  t e rmina l  

v,), the actual velocity change d v  ( d v  . . . A v 4 ) ,  hyperbolic velocity v (v  

defined as the difference betwein hyperbolic velocity and velocity vo in the satel l i te  

A series of supplementary graphs can be constructed,  as indicated 

1 2 I 2' v3' 

* 
orbit, and the gravitational velocity loss A v = v - A v I ,  as function of vo0 . 

g id 

Graph (1)  of Fig.4-Pq can be cross-plot ted to  give mass ra t io  and powered flight 

t ime (as well as cut-off altitude i f  desired)  as function of F / W o  fo r  given values of 

* v , I and 4 . This  is indicated schematical ly  in  graph (2 )  of Fig.?-&. P lo ts  (1) 

and (2) can be modified to show the propellant loading factor  A instead of mass rat io ,  

because A = (,& - 1)/ AA 

QQ SP 

(graphs (3)  and (a) ,  Fig.'r-&,&). 
/ 

At this point e i ther  th rus t  F or g r o s s  weight W ( o r  W1)  (which is identical 
0 

with W 

( 2 )  with the scaling coefficients and in  o r d e r  to avoid i terat ion p rocesses  which in  

Phases  XI and 111 would be s t i l l  much m o r e  involved than in  P h a s e  I, because of the 

non-impulsive charac te r  of the powered fl ight analysis .  

less sensi t ive parameter  f r o m  an  overal l  point of view (payload weights,  for exam-  

ple ,  vary  less with variations in thrus t  than in g r o s s  weight, fo r  comparable var ia -  

t ions).  

in Par .  4. 1) must  be specified to co r re l a t e  the r e su l t s  in graphs ( I )  and 
A 

General ly ,  t h rus t  is a 

Moreover,  if nuclear engines a r e  considered,  t he re  are  going to be fewer  

L c, 
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choices among thrus t  levels  in the next 10-15 y e a r s .  

Proceeding then in  the left hand column of the per formance  analysis (Fig.4-7 ), 
-1 

where  v * is the independent var iable ,  one se lec ts  a suitable initial ( te rmina l )  t h rus t /  

weight ra t io ,  F / W  ( F / W  ) .  

one obtains now the propellant weight W 

F / W  

with the ma86 fract ion x, as  shown in the equation f o r  W-,/W 

00 
8 Therewith Wo (vco ) i s  fixed. With the aid of ~ L ( v  * ) 

0 1 
* 

(v  and a l so  the important correlat ion 

f (vm ) which m u s t  be known to link the th rus t  dependent scaling coefficient k 

given e a r l i e r  in this 

P o 0  * 
P 

P 

pa r ag  raph. 

In the right hand s ide  column of the pe r fo rmance  analysis  (F ig .  4-7 ) where 

F / W o  ( o r  F / W l )  is the independent variable,  the analogous p rocess  i s  c a r r i e d  out, 

select ing a value of v * obtaining Wo(F/Wo) ,  W ( F / W o )  and F / W  ( F / W o )  for  

given values of v * I E and F. 

00' P P 

00 sp'  

With the selection of F, the value of kf is fixed a l so ,  for  given engines and engine 
,I 

r3( 
c l u s t e r s .  

and k ( F / W  ). 
P 0 P P b P  

= (1 - xj/x as function of v z  and F / W o  a6 shown schematical ly  in graphs (4 )  and (9) 

of F ig .4-8  ; and plots of mass fraction x (v  * ) f o r  given , F / W o ,  

With W specified as function of vw or F / W o ,  one obtains now k (v * ) 
P P O Q  

With kf, F / W  and k given, one can construct  plots of W / W  

E , F, NE and 00 

Isp, where NE is the number of engines in a c lus te r .  

mine the wet iner t  weight fraction b (v  * ) and b ( F / W o )  as well as the payload 00 

weight f rac t ion  3( (voo ) and /I ( F / W o ) ,  A s  indicated in F i g . 4 - 7 ,  the resu l t s  

The way is now open to de t e r -  

* 
A (v;), b (voo * ), A (v$ } and A(F/w,), b ( F / W o ) ,  A ( F / , W o )  can now be c o r r e -  

la ted with miss ion  profiles to evaluate the effect of miss ion ,  that  i s ,  of mission 

windows and miss ion  y e a r s  as well, on the vehicle weight a t  given s tages  of maneu- 

vering including the orbi ta l  departure  weight f o r  given payload weights and to a s s e s s  
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the effect of changes in payload weight, specific impulse and th rus t  accelerat ion.  

From the then available data W (vw ), W ( F / W o ) ,  kf (F) and  k (voo ), kp ( F / W o )  

it is also possible to construct  plots of x ( W  ) for given F / W  0 . 

* e 
P P P 

This graph,  in turn,  
P 

can be used to refine the determination of x or  to a s s e s s  uncertainties and establish 

a n  x-band r a t h e r  than a single x-curve and to feed these  refinements back into the 

main  cycle of the performance analysis. 
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4. 3 Corre la t ien  Of Miss ion Perferrnonce Analysir  and Vehicle Configuration 
Studies with &eratione and Cost Analysis 

Fig.  4-9 surveys  the interaction between the pr incipal  e lements  of operations 

and cost  ana lys i s .  The  information flow begins where i t  ended in  the preceding 

paragraph,  namely, with the linking of the configuration-dependent generalized p e r  - 

formance data and the performance requirements  based on miss ion window and 

miss ion  profile.  F r o m  these,  the launch requi rements  and orb i ta l  operations re- 

quirements  a r e  der ived.  Concurrently, from launch requi rements  and the E L V  

specifications the requi red  ground operations are der ived.  

and orbi ta l  operations provide the basis for a success  ana lys i s  of the orbi ta l  p r e p a r -  

Launch requirements  

.I 

ations,  i. e .  the phase between the f i r s t  E L V  launch and orb i ta l  depar ture  of the 

expedition. 

Ground operat ions,  orbital  operations together with the implications of the suc-  

cess analys is of the orb i ta l  preparat ions,  and the manufacturing cost  provide the 

inputs f o r  determinat ion of the direct  operating cost .  

Two additional areas a r e  indicated in  F i g .  4 - 4  which lie outside the sequence 

outlined above. The f i r s t  is the mission success  analysis  which, for  a given mission 

profile,  depends essent ia l ly  on the vehicle configuration and on the operations to be 

per formed during the mission.  These operations a r e  de te rmined  pr imar i ly  by mis- 

s ion profile and miss ion  mode. The second a r e a  per ta ins  to the development cost  

j which is strongly influenced by t h e  vehicle configuration, p r imar i ly  by the  difference 

between nuclear and chemically powered configurations and by ground and orbital  

’ 
L 
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t e s t  p rog rams  and associated facillty requi rements .  

development cost  of the mission vehicles r ep resen t  the overa l l  miss ion  cost  i f  the 

development of a modified o r  new E L V  and the cost  of ex t r a  launch facil i t ies e i ther  

a re  not involved o r  a r e  not charged to the planetary miss ion  p rogram.  

Direct  operating cost  and 

Fig.4-10 i l lustrates  a typical flow char t  showing pr incipal  r e su l t s .  By apply- ' 

ing the genera l  resul ts  of the performance analysis descr ibed  in the preceding 

Pa rag raph  to a par t icular  mission,  the var ia t ion of WA4 and W with the date D3 
A 3  

of depar ture  f rom the ta rge t  planet is obtained for  a given r e tu rn  flight t ime T 2  

( o r  for  s e v e r a l  values of T2). It is a s sumed  in  the p re sen t  example,  that  a r e t ro -  

a suitable t ime interval  
A 3 '  

maneuver M - 4  is executed. Based on the var ia t ion of W 

D; - D'; is selected (10-30 days) as the most  favorable depar ture  window f r o m  the 

ta rge t  planet.  Based on the f i r s t  and las t  day of this per iod W and W A l  are  de te r -  A 2  

mined ve r sus  Earth depar ture  dates D I  for  a given t r ans fe r  period T For  given I '  

T and D' the capture period T is a function of D only and T is posit ive as 

long a s  the a r r iva l  date  D2 precedes D1 

cpt 1 3 CPt 1 

It is des i rab le  and rea l i s t ic  to provide a 3' 

t a rge t  planet departure  window following the nominal capture  period T 

to  allow a cushion for  troubles which may a r i s e  during the capture per iod.  

= D' - D 

The 

CPt 3 2' 

vehicle must  be laid out f o r  D" if  this date requi red  the higher rnission energy.  
3 

penalty, if any, in t e r m s  of Ea r th  depar ture  weight is  a s s c s s e d  by determining W 

The 

A 1  

fo r  D' and D" . The E a r t h  depar ture  window ( E D W ) ,  D' - D" , some  30 o r  40 days,  
3 3 1 1 

The date D' should be s o  se lec ted  that delays 
Al' 1 

is selected fo r  the low values of W 

in  depar ture  require  a mixiimuni of additional launches due to changes in  propellant 

requi rements .  This is not always realizable f o r  all maneuvers .  In the present  

example of Fig .+- /U,  only the f u e l  requirement  f o r  M - 4  is  s e e n  to inc rease .  

5 0 
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Following determination of the EDW an  ELV-space  vehicle integration study is 

carried out to  determine the best  arrangement  for  transporting the total load into 

orb i t .  This  resul ts  i n  establishment of the basic  launch requirements ,  i .  e .  the 

total number of successful  launchings. The success  probability of the orbi ta l  p rep-  

arat ions is affected by the Ear th-  to-orbit del ivery success  probability and the prob- 

ability of successful  mating or  fueling. Selecting an  acceptable success  probability 

of orbi ta l  preparat ions yields the actual number of launchings which fo rm the basis 

for analyzing the orbi ta l  and ground operations and de termines  the duration of the 

p r e -  depar ture  operations.  

The fac tors  determining the overall  miss ion  cost  a r e  shown in F i g . + - / / .  The 

miss ion  cost  can be broken down into three pr incipal  groups.  

a r e  cost  factors which a r e  dominant. 

the development cost  of the planetary vehicles <meant  to compr ise  the interplanetary 

In each group the re  

It is apparent that  f o r  the f i rs t  few missions ) -- 

ships  as well as all auxi l iary vehicles,  E a r t h  en t ry  module, Mars  landing vehicle,  

Re tu rne r s ,  Landers ,  F loa te r s ,  Mappers,  e tc .  ) far exceeds the d i r ec t  cos ts .  The 

development cost ,  in  tu rn ,  hinges pr imar i ly  on the degree  to which nuclear  engine 

development p rograms  are  direct ly  involved. For  chemical vehicles no significant 

advancement in  engine technology is required,  because,  under space  conditions and 

at the thrus t  levels of the individual engines ( 1 - 3  million lb),  high p r e s s u r e  engines 

(pc  1000 psia)  a r e  not required.  The  d i rec t  operating cost  is determined by the 

production cost .  Here  the difference between the pr oduction cost  of nuclear and 

chemical  vehicles is comparatively less significant than in the development a r e a .  

The g r e a t e r  production cost  of the nuclear space vehicle i s  in many cases  overcom- 

pensated by the much l a rge r  departure  weight of the chemical  space  veiiicle and the 

a \  
I 
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associated higher del ivery cos t .  

is higher fo r  the nuclear or  the chemical space  v e h c l e  depends on specific assump-  

tions regarding the available ELV,  probability of successful  del ivery into the assem- 

bly orb i t  and the assumptions made regarding the probability of successful  orb i ta l  

mating of fueled modules on the one hand and of successful  orb i ta l  fueling of mated 

modules on the other. 

as w e l l  as the interchangeability [ o r  the lack thereof) of modules affect the procure-  

ment  requirements  and therewith exer t  a n  important  influence on the d i r ec t  cost .  

However, the question of whether the d i r ec t  cost  

Reliability assumptions and requi red  probabili t ies of s u c c e s s ,  

The logistic cost  depends pr imar i ly  on the number of launches,  N 

f o r  the pre-depar ture  operations and on the total  cost  effectiveness.  

is again controlled by rel iabi l i ty  and success  probability considerations.  

is decisively affected by whether o r  not major  modifications of an existing E L V  o r  

the development of a new E L V  a r e  involved. 

a ted by the E L V  production cost .  

by the cost of special training fo r  the crew which, if the training costs  a r e  changed 

to a single period of o rb i t a l  departure  preparat ions of, s a y  100 days,  can amount 

to m o r e  than all other orb i ta l  labor  cost f ac to r s  taken together.  

required 
OP 

The f o r m e r  

The l a t t e r  

-. J 
The d i r ec t  cost  effectiveness is dornin- 

The cost  of orb i ta l  labor is determined pr imar i ly  

T h e  cost  of the 

orbital  (launch) faci l i t ies  a r e  more  difficult to determine on  a genera l  b a s i s ,  because 

the i r  specification depends on the number,  s i z e  and propulsion sys tem of the planetary 

vehicles involved. 
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ANALYSIS 

In this Section, analytical relations anf plots a r e  presented which a r e  useful 

-1 5* 

fo r  the previously d iscussed  methodology. 

5 .1  P h a s e  I 

1 .  Mission Prof i le  Selection - Specification of depar ture  date Dl , outbound 

t ransfer  time T1, capture  period T 

specifies a r r i v a l  date D2, ta rge t  planet depar ture  date Dj, E a r t h  a r r i v a l  date D4, 

and r e tu rn  t r ans fe r  t ime T2  automatically 
CPt 

the associated hyperbolic excess  velocities v * 
as w e l l  as all e lements  of the heliocentric outbound and r e tu rn  t ransfer  orb i t s .  

capture  and depar ture  distances f r o m  E a r t h  o r  ta rge t  planet are  always 

through v * (c f .  Figs.,?-6 t o  2-/0 ), 0 0 1  004 

meant  to  coincide with the per iaps is  of the satel l i te  orb i t  where impulse maneuvers  

, are  concerned. Anexcept ion is Ea r th  r e tu rn  (cf.  below). These dis tances  a r e  

designated as r l ,  r2  and r where it is fur ther  assumed that capture and depar ture  3' 

distance f r o m  the t a rge t  planet are the same, i .  e. r = r 

coincide with the per iaps is  of the a r r iva l  o r  depar ture  hyperbola in an impulse 

These dis tances  a l so  
2 3' 

maneuver .  

Specification of r i  (i = 1 ,  2,  3) ,  together with v specifies the planar ele- 
o o i  

ments  of the planetocentric hyperbola. Specification of re la t ive orbi ta l  energy 6 

and n = rA/ rp  = r / r  of the planetocentric satel l i te  orb i t  specifies the required A i  

impulsive velocity changes. The absolute orb i ta l  energy constant (vis  viva integra-  

tion constant) is 

ZK K € -  - =  
r r 

where the relat ive orbi ta l  energy constant 
1 
I 
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I 

E C 0 f o r  closed 
E = -1  for  c i rc le  (5-2) 
E = 0 for  parabola 
f 2 0 for  hyperbola 

ias been introduced by this author because of its convenience, being independent of 

.he differences in  s t rength of the various planetary fields.  Other important p a r a m -  

? t e r s  a r e  defined in t e r m s  of 6. by the following relat ions,  ra t io  of apsides (plotted 

since,  for  closed orbi ts  

2 
n t  1 

e = -- 

p e  r iap s is ve lo ci ty  

numer ica l  eccentricity,  

e = l t G ,  

s emi -ma jo r  axis,  

a = - 3 (ell ipse) r 

K 
r = ( z t  )z (e l l ipse)  

P 
P 

e (hyper bola) 
K r =-  

P "-2 

8 e mil at us r B c turn, 

(5 -  33 

(5-4) 

(5-  5) 

(5- 6) 

( 5 - 9 )  

(5-  10) 

p = r  ( Z t € )  
P 

(5- 11) 
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Q .$ apoapeis velocity, - 
K c  v A =  II-- r A 

local  path velocity a t  distance r ,  
'1 
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( 5 -  12) 

(5- 13) 

e c centr  i c anomaly, 
1 t  r 6  

cos E = r) 

1 t c  

flight t ime f r o m  periapsis  t e  distance r in an ell iptic orb i t  

r-r-7 

hyperbolic auxiliary angle (Fig.  5- L ) 

1 t E  - - e cos H = 

(5-14) 

(5- 15) 

(5-16) 
r 

r a 1 t -  r 

P 
1 -+-G 

Since v 

the auxiliary angle H, the flight t ime t 

anomaly \ a t  distance r in t e r m s  of these p a r a m e t e r s ,  were ,  fo r  the sake  of con- 

and r a r e  two key pa rame te r s  of the hyperbola,  it is useful to  express  
00 P 

from per iaps is  to  distance r and the t r u e  
Pr 

venience, v * ( i . e .  vm in EMOS units) i- toad of v 00 is used, s ince interplanetary 
60 

flight char t s  usually provide the hyperbolic excess velocity in  these units,  

where 

r *  s L  
rP 

I t - r  Q v -  

(5- 17) 

( 5 -  18) 
L 

K / U Q  
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= mean distance of Ear th  from Sun Rg, 

e )  r = sur face  radius of planet 
% 00 

U = E a r t h  mean orbi ta l  speed 

K = gravitational p a r a m e t e r  of the planet 
Kg = gravitational p a r a m e t e r  of Sun 
r* = 

r* = distance f r o m  planet in units of planet 's  radius 

cb 

periapsis  distance in units of the planet's sur face  radius 
P 

The values of Q a r e  l i r ted  in Tab. &"-I together with other relevant constants. 

Flight t ime batween per iaps is  and distance r in  hyperbolic orb i t ,  

where 

K s = -  
U 3 

cb 

) a lso  l is ted in  Tab. 5-1. T r u e  anomaly at distance r in  hyperbolic orbi t  

* 2  V 
r *I 1 - -  (2 t- 

rP 
P Q r 

v * 2  

15- 2 0 )  

(5 -22)  

(5-19)  

The equations (5 -17) ,  (5-19)  and (5 -21)  a r e  plotted i n  F i g s .  5-2 through5=/0 for the 

planets Venus, Ea r th  and Mars  fo r  several  values of r 

i t y  sphe re ,  ract , of the planet has been used as the limiting distance where the 

. 
P 

The distance of the activ- 

planetocentric hyperbola m e r g e s  with the heliocentric orb i t .  This distance (cf 

Tab.  5-1 ) is given by the relation 

(5 -  2 2 )  

where R is the mean heliocentric distance of the planet and m / M  the rat io  of plane- 

t a ry  to so la r  mass .  
I 

..) 

37 
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The planar  impulsive velocity change a t  the dis tance r .  ( i  = I ,  2, 3) becomes 
1 

then 
t -e."- 

Avi = vi - v0, 
r .  1 

( 5 -  23) 

o r ,  m o r e  conveniently, 

where 2 K / r o o  is the squa re  of the parabolic velocity a t  the planet 's  sur face  (Tab. 

5-1 ) and ri* is the per iaps is  distance of the hyperbola and of the satel l i te  orb i t  in  

units of the planet's radius .  Eq. (5-243 which applies equally to an  escape  or  cap- 

tu re  impulse is plotted in F i g s .  r-/f throughj=/+for  E a r t h  depar ture  f r o m  c i r cu la r  

orb i t  ( 6  = - l ) ,  capture and escape Venus and M a r s ,  f o r  c i r cu la r  satel l i te  orb i t s  

and for  E a r t h  return with reduction to slightly sub-parabol ic  speed into an  t5 = -0 .  04 

(n = 49) el l ipse.  At this  speed the en t ry  module would en ter  the E a r t h  a tmosphere  

essent ia l ly  at Apollo conditions. 

If the capture orb i t  is elliptic, i t  is most  convenient to express  the ellipticity 

rA / rp ,  because this pa rame te r  is most  in t e r m s  of the ratio of the apsides ,  n = 

directly meaningful in  a mission analysis where  f ac to r s  such a s  mapping, deploy- 

ment of instrumented vehicles to the planet and su r face  excursion impose cer ta in  

constraints on the ell ipticity,  governed p r imar i ly  by the effect  of the distance rat io .  

F r o m  n one finds € directly and f o r  a given r = r finds A v i  f r o m  Eq. (5-24) .  P i' 

The pr imary  reason  for selecting an ell iptic capture  orb i t  is to reduce the 

overall  miss ion  energy requirement .  This advantage, however, can be real ized 

only if both, capture and depar ture ,  take place a t  o r  near  the pe r i aps i s .  If the 

depar ture  would have to occur  a t  the apoapsis ,  mos t  of the advantage gained by the 

58 



AOK63-019 

) periapsidal  capture maneuver  (and more ,  if v$ is sufficiently l a rge )  would be lost .  

F i g . 5 4 5  i l lus t ra tes  that  situation fo r  v ,  = 0. 1 and 0. 5 EMOS a t  M a r s .  The lower 

curves  show the individual variation of (fiv*/vw )rp and ( Av*/v, 

of n.  It is s e e n  that for higher v 

strongly than for  lower values of v z  . 

* 

as function * * 
)r* * 

00 
the per iaps is  value drops off with n m o r e  

On the other hand, the value of v 2  has l i t -  

t le  effect on the inc rease  of the apoapsis.maneuver with n. A s  a result ,  the upper 

curves  show that for  a n  r 

expensive with n i f  v 

- rA combination the maneuver becomes steadily more P 
* 

00 
is smal l ;  whereas this is not the case  fo r  la rge  vm* . Here  

a moderate  gain could s t i l l  be realized even fo r  a n  rp  - rA combination, if n is 

sufficiently l a rge ,  because of the large dec rease  in  the r -maneuver .  Much larger 

energy reductions would, however, be rea l ized  with an rp -  rp  combination. 

P 

The 

graph a L o  i l lus t ra tes  the fact  that  elliptic orb i t s  yield g r e a t e r  energy savings when 

the hyperbolic excess  velocities v * and v * are  l a rge .  Comparison of the effect 

; 
.d 

0 0 2  0 0 3  

of elliptic orb i t s  around Venus and Mars shows that they provide m o r e  effective 

relief in  s t ronge r  gravi ty  f ie lds .  Finally, i t  should be noted that m o s t  of the p e r -  

formance relief is gained during the initial i nc rease  of n. At l a rge  values of n, the 

gains diminish. These  facts a re ,  of course,  consistent with the  charac te r i s t ics  of 

a central  fo rce  field and can easi ly  be derived theref rom.  

When capturing, the position of the per iaps is  is fixed by the space  vehicle 's  

direct ion of approach to the target  planet. The depar ture  conditions, however, may 

requi re  a different position of the per iapsis .  A n  ext reme case ,  namely,  depar ture  

0 f r o m  a point 180 off the a r r i v a l  point is  shown in Fig.?-/&. The v e h c l e  approaches 

the ta rge t  planet along hyperbola H-2, executes maneuver 

t i c  capture  orbi t .  

Av,  and en te r s  an ellip- 
i 
i 

Assume  the required orientation of the asymptote for  departure  

5 9 
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is so  or iented that the departure  impulse has to occur 180' off the original pe r i -  

would have to be exe- A v3 
aps is .  Without an intermediate maneuver the maneuver 

cuted a t  the apoapsis given by 

Preferab ly ,  two intermediate maneuvers  are ca r r i ed  out whose purpose i t  is to 

0 rotate the major  axis of the ell ipse by 180 . 

r 

The vehicle en ters  a c i rcu lar  orbi t  a t  

0 with the impulse 4 v coasts 180 and slows down by A vA,  falling now towards A A '  

a correct ly  located r where the des i red  depar ture  hyperbola can be entered a t  an 
P 

impulse A v1 
3 A v3. The cost  of the two apoapsis maneuvers  cause a penalty which 

generally i s  f a r  sma l l e r  than the penalty associated with departure  f r o m  the apoapsis .  

The requirement for an  impulsive apoapsis maneuver i s  

(5- 2 6 )  

Fig .  5-17 depicts the variation of vp and v with n for  elliptic orbi ts  around Mars  a t  
A 

* 
r = 1. 3.  F i g .  5- ld shows  the corresponding values of v and Fig.f-/? presents  P A 

the associated mass rat ios  for  th ree  specific impulses .  

* A l s o  for Mars  a r e  shown in F i g s .  5-21 through5--2) the values of 4 v*/v- , 
.I. *r A v and associated mass ratios f o r  three specific impulses ,  a l l  as function of v 

and f o r  r* = 1 .  3 .  

bo 
:g The curves for A vs/vw w e r e  computed wi th  Eq. (5-24);  A v fol-  

lows f rom 

* A v = A v  . v * . 9 7 , 7 0 0  ( f t l s e c )  * 00 
vbo 

and the m a s s  ratios f r o m  

( 5 - 2 7 )  

Thus,  in the case of capture i n  an elliptic orbi t ,  the capture maneuver i s  d v L  
40 
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1 '- A 
whereas  the total departure  maneuver i s  2 A v  t 6. v3. 

F o r  hyperbolic capture o r  entry at  E a r t h  r e tu rn  and for  hyperbolic capture 

at Venus o r  M a r s ,  F igs .  5-29through$--& show the variation of entry velocity (i. e. 

the hyperbolic velocity at the distanctes indicated) with the hyperbolic excess  velocity, 

both in EMOS. It is worthwhile to note that a t  M a r s  the hyperbolic excess  velocity 

can be as high as 0. 35 before the entry speed reaches  values comparable  with Apollo 

(parabolic) en t ry  speeds in  the Ear th ' s  field. 

2. Weight Frac t ion  Determination - A single-s tage vehicle o r  a given s tage  

of a multi-stage vehicle is assumed to consist  of th ree  basic weight groups.  T h e s e  

can be expressed  conveniently as fractions of the initial weight ( a t  the beginning of 

the powered maneuver in which the propellant of the given vehicle o r  s tage i s  to be 

us ed),  t 
J 

gross  payload fraction, A 
wet iner t  weight fraction (i.  e .  burnout f ract ion minus ), b 

useful propellant weight fraction, A 
Thus,  by definition, t b -+A = 1 .  The two mos t  important var iables  determining 

3 a r e  the m a s s  ra t io ,& , defined as  the ra t io  of m a s s  at ignition to m a s s  a t  burn- 

out (or  cut-off) and the rat io  of burnout weight to propellant weight, W b / W p .  The 

f i r s t  is a per formance  pa rame te r  the la t te r  a design pa rame te r .  It is 

where  A vid = A v  t v at  non-impulsive propulsion, and 
g 

- 1 - x  - w b  
w 

P X 

) where  

4 i  

( 5 -  29) 

(5- 30) 

( 5 -  31) 
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is r e f e r r e d  to  as  mass fract ion.  Est imat ing W / W  , t he re fo re ,  resu l t s  i n  an e s t i -  

mate of x. A correlat ion between 3 and,/ with x as p a r a m e t e r  is shown in F ig .  

b P  

5-27. It is 

- 1  1 A i\ -x (F - I ) +  1 = 1 - -  
X 

F u r t h e r m o r e ,  the m a s s  ra t io  is re la ted  to 

by the re la t ion  

(5-33) 

(5-34) 

(5 -35)  

( 5 -  3 6 }  

( 5 -  37) 

SP 
The variat ion of 7 a8 function of vid with I 

through$+(. 

as p a r a m e t e r  is shown in F i g s .  S--LP 

Given the ideal velocity ( increment )  and the specif ic  impulse,  5 can 

be read from, whence/ is immediately obtained from Eq. (5-37)  and A from 

(5-35). The aaeociated $urn b t A followB then from (5-36) The value of A can 

now be read from F i g .  5-27 for a given x whence b is found f r o m  

b = ( b t  x ) - x  ( 5 -  38) 

The sensit ivity of the payload f ract ion to small changes in  mass r a t io ,  i n  

epecific impulse,  m a s s  f rac t ion  o r  ideal velocity is given by the following re la t ions ,  

r = d V i d / P  

( 5 -  39) 

(5-40) 

(5-41) 

4 '2 
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1 A - 1 - A  1 -- 31 = ,2 (1 - - ) = -  
1 x2 X 

(5-42) 

(5-43) 

With aid of these par t ia l s ,  the loss  or  gain in  payload fract ion i s  quickly found, e. g. 

for a change in  I by A Isp, SP 

A Isp 
- > A  

A ’ =  A t  bx - A +  2 1  
SP 

5. 2 P h a s e s  I1 and 111 

(5-44) 

~ 

In these phases  the impulsive maneuvers  are  replaced by finite powered 

flight per iods whose duration is given by, 

f o r  depar ture  (given init ial  thrust/weight ra t io  F/  Wo), 

t =  Isp A- 
F / W o  

(5-45) 

fo r  capture (given cut-off thrust/weight r a t io  F / W  

(5-46) I A  t = S P  r F‘W1 
Mass  ra t io  and propellant f ract ion a r e  a function of I and the ideal  velocity 

SP 

f (t) dt i v =  
id 

0 

where 

(5-47)  

2 (5-48) F f ( t)  = - (length/time 

is the instantaneous th rus t  acceleration. 

velocity vector and the local azimuth direction (l ine normal  to  the radius  vector)  as 

m (t)  
Designating the angle between the path 

‘ ?  
i 
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) the  flight path angle 8 and designating the planar  angle between the th rus t  a c c e l e r a -  

tion vector  and tho azimuth direct ion a s  9 , the re lat ions for  the rad ia l  and the 

azimuthal  components of the th rus t  acce le ra t ion  can be wr i t ten  as 

f r  = t f s i n 9  (5-49) - 
f = t f c o s p  (5- 50) - 

where f 

posit ive when accelerat ing in  the direction of motion. 

azimuth direction, s e e n  in  flight direction, and is posit ive i f  measu red  counterclock- 

wise.  The angle between t h r u s t  vector f and path velocity vec tor  v is always 

It/ - e l  . Both 9 and 8 a r e  ze ro  when the i r  respec t ive  vector  coincides with the 

loca l  azimuth direction and a r e  poeitive when the i r  vector is pointing away f r o m  the 

center  of attraction. Eqs. (5-49) and (5-50) apply to a r b i t r a r y  th rus t  vector or ien-  

tation in the orbit  plane.  

o rb i t  

is taken posit ive if d i rec ted  away f r o m  the center  of a t t rac t ion  and f is r t 
The angle 9 is counted f r o m  

3 4 

F o r  tangential thrust  i n  an  acce lera t ing ,  outgoing (Er 0) 

c p = e  (5 -51)  

hence, 

f r  = f s i n  0 

f t l  = f COS e 

(5- 52) 

( 5 - 5 3 )  

and f o r  tangential t h rus t  in a n  incoming ($  

= 180 - e 

0) decelerat ing path,  

(5- 54) 

f = f s i n  e 15-55} 
r 

(5-56) '?  = - f  cos e 
The instantaneous velocity vec tors  and simultaneous posit ion coordinates of the space  

vehicle a r e  
1 

~ 

4 1 
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+I -- 

K t  - /‘ f r dt 
I .  

r = r o + r $ 7  -7- (5-57) 

t .  

0 
t 

r = r o t  i dt 

(5-5%) 

(5- 59) 

0 

t 
( 5 - 6 0 )  

0’ 

the last integral  being positive only, because the center  angle 

counted positive in the direction of motion. 

will always be 1 
The instantaneous path velocity in the 

planetocentric coordinate s y s t e m  is 

- 
(5-61) 

and, for  v 7 2 K / r ,  the associated hyperbolic excess  velocity is 

v -  - p---$7 v - -  
L)o 

(5-62) 

In the above equations, subscr ip t  zero  designates init ial  values ( s t a r t  of th rus t  power 

on). The instantaneous path angle and the instantaneous r a t e  of change of the path 

angle are given by 

0 = sin- 1 r  {--) 

* a .  . 2 .  . .. 
r r - r  - r r y  

2 
s e =  

V 

where  r is the instantaneous azimuthal veloci-y component, the ins  il 

( 5 - 6 3 )  

(5- 64) 

mtaneous 

rad ia l  accelerat ion,  ) the instantaneous angular velocity of the radius vector con- 

,) necting the space  ship with the ce&?kuafd&nd i the instantaneous radial  velocity. 
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e "%) Putting these relations on the IBM 7090 computer and evaluating them resul ted 

i n  a number of graphs which, f o r  relevant ranges of I , F / W  and v , show the 
SP 

variation of mass  r a t io  and burning time f o r  E a r t h  depar ture ,  a r r i v a l  and depar ture  

fo r  Venus and M a r s  and  Earth a r r i v a l .  E a r t h  depar ture  is a s sumed  to  occur  f r o m  a 

c i rcu lar  orb i t .  For the  sa te l l i t e  orb i t s  of Venus and Mars  various values of 

w e r e  used, including tG = -1  f o r  c i r cu la r  o rb i t s .  F o r  Ea r th  a r r i v a l  the r e t r o -  

maneuver  reduces the relative energy of the vehicle orbit  to E = - 0. 04 a t  an  alti- 

tude of 1000 k m  such tha t  the unperturbed osculating orb i t  following cut-off leads to 

a per igee altitude of 60 km. 

31 January 1963, A Study of Ea r ly  Manned Interplanetary Missions,  F ina l  Summary  

These  graphs were  published in  Rep. AOK6.3-0001, 

Report ,  NASA Contract No. NAS8-5026. They a re  a l s o  available in  Part  I1 of this 

. r epor t .  

For a more detailed weight analysis the mass fraction is determined f r o m  

the relation 

W x =  P 
kfF t V i p  ( 1  t k ) 

P 

( 5 - 6 5 )  

where  k and k a r e  defined in P a r .  4 .  3 .  F o r  given values of k and k , the propel-  
f P f P 

lant  weight is given by 

and the wet iner t  weight by 

) 
1 - x  W b  = kfF t k W = W (- 

P P  p x  

(5-66) 

(5 -67)  
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